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Table 1: List of Acronyms 

ADCNS Attitude Determination, Control, and Navigation System 

AOS Acquisition of Signal 

BPSK Binary Phase Shift Keying 

C/N Carrier-to-Noise Ratio 

CDH Command and Data Handling 

CDR Critical Design Review  

COTS Commercial Off the Shelf Component 

CSLI CubeSat Launch Initiative  

DC Direct Current 

DSN Deep Space Network 

EDU Engineering Development Unit 

EIRP Equivalent Isotopically Radiated Power 

EOL End-of-Life 

EPS Electrical Power System 

FSPL Free Space Path Loss 

GMSK Gaussian Minimum Shift Keying 

GPIO General Purpose Input Output  

GPS Global Positioning System 

ISS International Space Station 

I2C Inter-Integrated Circuit 

IP Internet Protocol 

JPL Jet Propulsion Laboratory 

LEO Low Earth Orbit 

LV Launch Vehicle 

NASA National Aeronautics and Space Administration 

OBC Onboard Computer 

PDR Preliminary Design Review 

P-POD Poly-Picosatellite Orbital Deplorer 

RF Radio Frequency 

RWA Reaction Wheels 

SLV Separation from LV 

SPI Serial Peripheral Interface 

T&C Telemetry and Command 

TBD To Be Determined 

TRL Technology Readiness Level 

UART Universal Asynchronous Receiver/Transmitter 

VCRM Verifications Cross Reference Matrix 
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I. Storyboard   
 

The life and mission of the spacecraft can be divided into three main sequences: The Start-Up 

Sequence, Payload Operations, and End-of-Life. In addition, the video of the storyboard that was 

presented in the PDR presentation can be viewed here: https://tinyurl.com/Akash-storyboard  

 

a. Start-Up Sequence 
  

1) Separation from LV (Mission Elapsed Time: Separation from LV) 

The spacecraft is ejected from the launch vehicle into LEO. As it leaves the 6U Dispenser 

(P-POD), the deployment switches are unsuppressed which will turn on only the EPS and 

start the subsystemôs clock. All other subsystems will remain powered off. The launch 

mechanism of the P-POD will exert a torque on the spacecraft and provide it with a slight 

tumble.  

 

 
Figure 1: Akash-Sat is separated from the launch vehicle into LEO and has a slight tumble (green 

arrows). 

 

2) Turn-On Subsystems (Mission Elapsed Time: SLV + 30 minutes) 

The flight computer, ADCNS and payload are turned on 30 minutes after separation from 

the LV. The spacecraft will perform a pre-determined checkout of all its hardware to ensure 

proper functionality of all subsystems. There will be no radio frequency transmissions 

during this phase.  

https://tinyurl.com/Akash-storyboard
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Figure 2: All subsystems except for communications are turned on. The spacecraft is tumbling 

(green arrows). 

3) De-Tumble (Mission Elapsed Time: SLV + 35 minutes) 

After a successful checkout of the ADCNS, the spacecraft will de-tumble and orient itself 

into a thermal and power safe attitude. To de-tumble, the spacecraft will use its magnetic 

torquers to dump the angular momentum provided to the spacecraft by the P-POD's launch 

mechanism. After its de-tumble maneuver, the spacecraft will orient itself so that it's +Y 

face is directed toward the sun, regardless of whether the sun is visible at that instant in the 

orbit. 

 

  
Figure 3: The spacecraft has successfully de-tumbled and is oriented in a thermal and power safe 

attitude. The +Y face is oriented towards the Sun. 

 

+Y Face 
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4) Deployment of Payload Door (Mission Elapsed Time: SLV + 40 minutes) 

The payload door on the ïY face of the spacecraft will deploy. The door will swing 

180 degrees about its hinge on the edge that intersects the ïY and ïZ faces. This will allow 

the payload's parabolic antenna to operate and orient the solar cells of the door in the +Y 

direction. 

 

 
Figure 4: The payload door has been deployed (orange arrow) and now has its solar cells 

pointing in the spacecraft +Y direction, which is currently towards the sun. 

5) Turn-On Communications (Mission Elapsed Time: SLV + 45 minutes) 

The spacecraft's RockBlock radio will turn on 45 minutes after separation from the 

LV.  The radio will communicate with the ground station by transmitting to the Iridium 

satellite constellation. By communicating with the Iridium constellation and utilizing 

Iridiumôs communication infrastructure, the mission operators will be able to communicate 

with the spacecraft through the internet. The initial communication between the spacecraft 

and mission operators will be a series of pings.  

 

+Y Face 

-Z Face 
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Figure 5: The spacecraft's radio is turned on and has begun transmitting to the Iridium 

constellation to communicate with mission operators on the ground. 

 

 

 

 

6) Health Check (Mission Elapsed Time: SLV + 50 minutes) 

After successful communication is established between the spacecraft and mission control, 

the spacecraft will transmit data on its health and status. The spacecraft will confirm the 

success of the checkout of its subsystems, de-tumbling, re-orientation into a thermal and 

power safe attitude, and deployment of the payload door. If the success of one or more of 

these events is not confirmed, the mission operators will send the appropriate manual 

commands to the spacecraft to complete them.  

  

b. Payload Operations 
 

  

7) Initial Payload Demonstration (Mission Elapsed Time: SLV + 1 day) 

The spacecraft will coast in its orbit as it approaches the section of its orbit for initial 

payload demonstration. Seconds before reaching this section, the spacecraft will use its 

reaction wheels to provide it with a constant angular speed that will allow the payload's 

antenna boresight to remain pointed at the Ground Segment during the transmission 

section. Once the spacecraft reaches this section with the appropriate constant angular 

speed, it will downlink a known packet to the Ground Segment at any data rate. At this 

point, the minimum mission success criteria will be met. After passing this section of 

the orbit, the spacecraft will dump all its angular momentum and then re-orient itself into 

its thermal and power safe orientation. 

 

8) Partial Payload Demonstration (Mission Elapsed Time: SLV + 4 days) 

The spacecraft will coast in its orbit as it approaches the section of its orbit for partial 

payload demonstration. Seconds before reaching this section, the spacecraft will use its 

reaction wheels to provide it with a constant angular speed that will allow the payload's 

antenna boresight to remain pointed at the Ground Segment during the transmission period. 

Once the spacecraft reaches this transmission section with the appropriate constant angular 

speed, it will downlink a known packet to the Ground Segment at a 100 Gbit/s data rate for 

-Y Face 
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the entire duration of the section. At this point, the partial mission success criteria will 

be met. After passing this section of the orbit, the spacecraft will dump all its angular 

momentum and then re-orient itself into its thermal and power safe orientation. 

 

9) Full Payload Demonstration (Mission Elapsed Time: SLV + 7 days) 

The full payload demonstration will consist of repeated transmissions at a 100Gbit/s data 

rate from the payload to the Ground Segment over a period of three months. The process 

for transmissions is identical to that of the partial payload demonstration phase, the key 

difference being that instead of one transmission at a 100Gbit/s data rate there will be 

multiple transmissions at a 100Gbit/s data rate over a three-month period. At the end of 

three months of repeated transmissions at a 100Gbit/s data rate, the full mission 

success criteria will be met. 

  

 
Figure 6: This is a depiction of one cycle of the payload demonstration. The spacecraft is (1) 

initially coasting with a fixed attitude, (2) then begins to rotate as it approaches the five-second 

orbit section, (3) transmits for five seconds, (4) de-tumbles and (5) reorients to a fixed attitude 

for coasting. 

c. End-of-Life 

 
10) End-Of-Life (Mission Elapsed Time: SLV + 100 days) 

The final sequence in the life of the spacecraft will be activated by a command sent from 

the mission operators. After the three-month period of the full payload demonstration 

sequence and after the ókillô command is received, the spacecraft will shut down all its 

subsystems except for the EPS. The spacecraft will re-enter and burn up in the atmosphere 

approximately three to six months after EOL.  
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II.  Mission Success Criteria  
 

MSC 1 Minimal mission success requires that the Akash Systems payload successfully 

downlinks a known packet to the Ground Segment.    

 
Minimal mission success verifies the ability of the Akash Systems payload to 

communicate with the Ground Segment at any data rate. This verifies that the 

payload radio can modulate a signal and that the payload power 

amplifier functions. Minimal mission success also verifies the ability of the Ground 

Segment to receive data from the on-orbit payload.    

 

   

MSC 2 Partial mission success requires that the Akash Systems payload successfully 

demonstrates a 100 Gbit/s symbol downlink rate to the Ground Segment.    

 
Partial mission success verifies the ability of the Akash Systems payload to transmit 

a continuous stream of packets at the symbol downlink rate specified by the 

customer. Partial mission success verifies the successful interfacing of the payload 

and all peripheral subsystems during full functionality, and most crucially verifies 

that the spacecraft can provide the payload with sufficient power for full 

functionality.   

 

   

MSC 3 Full mission success requires that the Akash Systems payload successfully maintains 

the ability to demonstrate a 100 Gbit/s symbol downlink rate to the Ground Segment 

over a 3-month mission duration.   

 

Full mission success verifies the ability of the Akash Systems payload to remain 

operational over an extended period of time in a space environment. Full mission 

success requires that the payload demonstrates functionality after 3-months. The 

concept of operations may include additional demonstrations of functionality in the 

time interval between the verification of partial mission success and the verification 

of full mission success.  
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III.  Requirements Definition 
 

a. System-Level Requirements 

SYS 1 The spacecraft shall be a CubeSat [Customer Request].  

SYS 1.1 The spacecraft shall interface with the 6U Dispenser. 

SYS 1.2 The maximum mass of the spacecraft shall be 12.00 kg. [CP-CDS 

3.2.9] 

SYS 2 The spacecraft shall accommodate the Akash Systems payload during full 

functionality. 

SYS 3 The spacecraft shall survive the launch environment. 

SYS 4 The spacecraft shall be operational in any LEO for at least 3 months. 

SYS 4.1 The spacecraft shall be operational in any LEO radiation 

environment for the duration of the mission. [SYS 4] 

SYS 5 All spacecraft components shall remain within their survival temperature 

ranges at all times.  

SYS 6 All spacecraft components shall remain within their operating temperature 

ranges during operation.  

SYS 7 The spacecraft shall have a safe configuration for indefinite survival in any 

LEO. 

SYS 7.1 The spacecraft shall have an indefinite thermal-safe state without 

ground intervention. 

SYS 7.2 The spacecraft shall have an indefinite power-safe state without 

ground intervention. 

SYS 8 Thermal sensors shall monitor the temperature of all spacecraft electronics.  

SYS 9 The wiring harness shall be shielded from electromagnetic radiation.  

SYS 10 The spacecraft shall verify the health of all subsystems. 

SYS 11 The spacecraft shall communicate with the Ground Segment. 

SYS 12 The spacecraft shall accept commands from the Ground Segment. 

SYS 13 The spacecraft shall be single fault tolerant. 

SYS 13.1 The spacecraft shall survive any single fault for a minimum of 24 

hours without operator intervention. [Command Media] 
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SYS 14 Flight operations shall require no time-critical operator involvement for 

nominal operations. [Command Media] 

SYS 15 All parts shall remain attached to the spacecraft during launch, ejection, and 

operations. [CP-CDS 3.1.1] 

SYS 16 The spacecraft shall not exceed 100 Watt-hours of total stored chemical 

energy. [CP-CDS 3.1.5] 

SYS 17 The spacecraft mission and design hardware shall be in accordance with 

NPR 8715.6 to limit orbital debris. [CP-CDS 3.4.3] 

SYS 18 All spacecraft components shall re-enter with energy less than 15 Joules. 

[CP-CDS 3.4.3.1] 

SYS 19 The spacecraft shall not utilize pyrotechnics. [CP-CDS 3.1.2] 

SYS 20 All deployables shall wait to deploy a minimum of 30 minutes after the 

spacecraft deployment switches are activated during ejection. [CP-CDS 

3.4.4] 

SYS 21 The spacecraft shall not generate or transmit any RF signal for a minimum 

of 45 minutes after on-orbit deployment from the 6U Dispenser. [CP-CDS 

3.4.5] 

SYS 22 The spacecraft shall comply with all United States radio license agreements 

and restrictions. [CP-CDS 3.4.2] 

SYS 23 All spacecraft hazardous materials shall conform to AFSPCMAN 91-710, 

Volume 3. [CP-CDS 3.1.6] 

SYS 24 All spacecraft materials shall have a Total Mass Loss (TML) of 1.0% or 

less. [CP-CDS 3.1.7.1] 

SYS 25 All spacecraft materials shall have a Collected Volatile Condensable 

Material (CVCM) of 0.1% or less. [CP-CDS 3.1.7.2] 

SYS 26 The CubeSat shall be designed to accommodate ascent venting per ventable 

volume/area of less than 2000 inches. [CP-CDS 3.1.9] 

SYS 27 The spacecraft shall be maintained in a class 100,000 level facility at all 

times. 

 



12 

 

b. Subsystem-Level Requirements 

 

i. Power Requirements 

PWR 1 PWR shall provide all subsystems with the necessary electrical power for 

the lifetime of the mission. [SYS 2, SYS 4]  

PWR 1.1 PWR shall provide a peak power output of 325W. [PWR 1] 

PWR 2 PWR shall control the powered state of all other subsystems. [SYS 2, SYS 

10] 

PWR 2.1 Power distribution shall be centralized. [Command Media] 

PWR 2.2 Power regulation shall be centralized. [Command Media] 

PWR 3 PWR shall monitor all distribution lines voltage. [SYS 10] 

PWR 4 PWR shall monitor all distribution line currents. [SYS 10] 

PWR 5 PWR shall directly interface with T&C. [SYS 10, SYS 11] 

PWR 6 All solar panels shall have flyback protection diodes. [SYS 13]  

PWR 7 PWR shall not exceed 100 Watt-hours of stored chemical energy. [SYS 16] 

PWR 8 PWR shall be in a powered off state while integrated in 6U Dispenser. [CP-

CDS 3.3.1, SYS 1.1] 

PWR 9 PWR shall have at least one deployment switch. [CP-CDS 3.3.2, SYS 1.1] 

PWR 9.1 Deployment switch shall electrically disconnect power system from 

powered functions. [CP-CDS 3.3.2.1, SYS 1.1] 

PWR 9.2 Deployment switch shall be in actuated state at all times while 

integrated in 6U Dispenser. [CP-CDS 3.3.2.2, SYS 1.1] 

PWR 9.3 The spacecraft shall reset to the pre-launch state if a deployment 

switch toggles from the actuated state. [CP-CDS 3.3.2.3] 

PWR 10 PWR shall have a RBF pin. [CP-CDS 3.3.3] 

PWR 10.1 RBF pin shall protrude no more than 10 mm from rails when fully 

inserted into satellite. [CP-CDS 3.3.3.1] 
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PWR 10.2 RBF pin shall be removed before integration into 6U Dispenser if 

the 6U Dispenser does not have access ports. [CP-CDS 3.3.3.2, SYS 

1.1] 

PWR 11 PWR shall incorporate battery circuit protection. [CP-CDS 3.3.4] 

PWR 12 PWR shall have at least three independent RF inhibits. [CP-CDS 3.3.5]  

ii.  Telemetry and Command Requirements 

T&C 1 T&C shall establish communication link with the Ground Segment. [SYS 

11] 

T&C 1.1 T&C shall transmit mission critical data. [T&C 1] 

T&C 1.2 T&C shall have sufficient margin in its link budget for stable 

operation. [T&C 1] 

T&C 2 T&C shall receive commands from the Ground Segment. [SYS 12] 

T&C 3 T&C shall comply with FCC Part 97. [FCC Code of Federal Regulations 

Title 47,SYS 22] 

T&C 4 T&C shall not generate or transmit any RF signal from the time of 

integration into the 6U dispenser through 45 minutes after on-orbit 

deployment from the dispenser. [SYS 21] 

iii.  Command and Data Handling Requirements 

CDH 1 CDH shall execute commands from the Ground Segment. [SYS 12] 

CDH 1.1 CDH shall reject all invalid commands. [CDH 1] 

CDH 2 CDH shall provide the necessary computing power for all flight operations. 

[SYS 4] 

CDH 3 CDH shall allow for communications between all spacecraft components. 

[SYS 2] 

CDH 4 CDH shall monitor the health and status of all spacecraft subsystems. [SYS 

10] 

CDH 5 CDH shall recover from data communication single fault upsets. [SYS 13] 

CDH 5.1 CDH shall survive any single fault without losing the ability to 

accept ground commands. [CDH 5] 
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CDH 6 CDH shall put the spacecraft in an indefinite safe-mode when off-nominal 

conditions are detected. [SYS 7] 

CDH 7 CDH shall employ a watchdog timer. [SYS 13] 

iv. Structure Requirements 

STRUCT 1 STRUCT shall mechanically interface with all other subsystems. [SYS 

1, SYS 2] 

STRUCT 2 The spacecraft shall use the coordinate system as defined in Appendix 

A. [CP-CDS 3.2.1] 

STRUCT 2.1 The origin of the spacecraft coordinate system shall be located 

at the geometric center of the spacecraft. [STRUCT 2] 

STRUCT 3 The spacecraft configuration and physical dimensions shall be per the 

design specifications in CP-CDS 3.2.1.1. [CP-CDS 3.2.1.1, SYS 1] 

STRUCT 4 The ïZ face of the spacecraft shall be inserted first into the 6U 

Dispenser. [CP-CDS 3.2.2, SYS 1.1] 

STRUCT 5 Components shall not exceed 10 mm normal to the outer surface of the 

spacecraft. [CP-CDS 3.2.2, SYS 1.1] 

STRUCT 6 Deployables shall be constrained by the spacecraft, not the 6U 

Dispenser. [CP-CDS 3.2.4, SYS 1.1] 

STRUCT 7 Rails shall have a minimum width of 8.5 mm. [CP-CDS 3.2.5, SYS 1.1] 

STRUCT 8 Rails shall have a surface roughness less than 1.6 µm. [CP-CDS 3.2.6, 

SYS 1.1] 

STRUCT 9 The edges of the rails shall be rounded to a radius of at least 1 mm. [CP-

CDS 3.2.7, SYS 1.1] 

STRUCT 10 At least 75% of the rail shall be in contact with the 6U Dispenser rails. 

[CP-CDS 3.2.8, SYS 1.1] 

STRUCT 11 The spacecraft center of gravity shall be located within 4.5 cm from its 

geometric center in the X direction, within 2 cm from its geometric 

center in the Y direction, and within 7 cm from its geometric center in 

the Z direction. [CP-CDS 3.2.10] 

STRUCT 12 Aluminum 7075, 6061, 6082, 5005, and/or 5052 shall be used for both 

the main spacecraft structure and the rails. [CP-CDS 3.2.11] 
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STRUCT 13 The spacecraft rails and standoff shall be hard anodized aluminum. [CP-

CDS 3.2.12, SYS 1.1] 

STRUCT 14 Redundant fasteners shall be used such that failure of a fastener does 

not cause a hazardous situation. [SYS 13] 

STRUCT 15 The spacecraft structure shall be designed to withstand the forces and 

vibrations during launch. [SYS 3] 

STRUCT 16 Epoxies, adhesives, or tape shall not be used to join structural 

components. [SYS 3] 

v. Attitude Determination and Control Requirements 

ADCS 1 ADCS shall control the orientation of the spacecraft in 3 DOF. [SYS 2] 

ADCS 2 ADCS shall stabilize the spacecraft in three axes. [SYS 2] 

ADCS 2.1 ADCS shall achieve pointing accuracy sufficient for full mission 

success. [ADCS 2] 

ADCS 3 ADCS shall have positon and attitude knowledge in 6 DOF. [SYS 2] 

ADCS 3.1 ADCS shall determine relative attitude sufficient for full mission 

success. [ADCS 3] 

ADCS 3.2 ADCS shall determine absolute attitude for full mission success. 

[ADCS 3] 

ADCS 4 ADCS shall provide accurate sensor measurements in the space 

environment. [SYS 4] 

ADCS 5 ADCS shall report sensor measurements outside of the nominal range. [SYS 

13] 

ADCS 6 ADCS shall orient the spacecraft in a thermal and power safe orientation 

during safe mode. [SYS 7] 

vi. Payload Requirements 

PLD 1 PLD shall satisfy full mission success criteria. [SYS 2] 

PLD 2 PLD shall interface with an external antenna. [SYS 2] 

PLD 3 PLD shall occupy no more than 4U of volume. [SYS 1, SYS 2]  

PLD 4 PLD shall not exceed a peak power draw of 300W. [PWR 1] 
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PLD 5 PLD shall mechanically fasten to the spacecraft structure. [SYS 2] 

PLD 6 PLD shall survive the space environment for at least 3-months. [SYS 4] 

PLD 7 PLD shall comply with FCC Part 97. [SYS 22] 

PLD 8 PLD shall not affect the rest of the spacecraft in the event of a single fault. 

[SYS 13] 

PLD 9 PLD shall not generate or transmit any RF signal for a minimum of 45 

minutes after on-orbit deployment from the 6U Dispenser. [SYS 21] 
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V. Subsystem Analysis 
 

a. Payload 

 

i. Orbit &  Lifetime  

The spacecraft will be deployed in a LEO orbit with an altitude of 400km and 

inclination of about 52°. This is similar to the ISS orbit and is a common orbit for 

CubeSats. This orbit was selected because it is a common orbit meaning that the 

spacecraft is more likely to receive a launch from CSLI as launch providers are 

frequently delivering spacecraft to this orbit. In addition, this orbit provides 

frequent coverage of the ground segment and allows for re-entry in 160 days, 

mitigating the risk of space debris. 

 

Full mission success requires that the payload operates for three months; 

accordingly, the spacecraft orbit must have a lifetime of at least three months 

before deorbiting occurs. Preliminary analysis utilizing tables suggested that 

Akash-Sat1 would remain in orbit for approximately five to six months. This initial 

estimate was confirmed and refined by the AGI STK model of Akash-Sat1.  

 

The Lifetime tool was utilized to determine that the lifetime of the Akash-Sat1 

spacecraft is 160 days. This verifies that the spacecraft can remain in orbit and 

operate for its full three month mission duration.  

 

 

 
Figure 7: Screen capture of the inputs to AGI STK Lifetime tool for Akash-Sat1. 

 



18 

 

 
Figure 8: Output of the AGI STK Lifetime tool model of Akash-Sat1. The start date of the 

simulation was March 23, 2018. 

 

ii.  Payload Downlink Budget 

 

Table 2: Payload Downlink Budget. Yellow indicates inputs. Blue indicates outputs. Green 

indicates margin. A Eb/N0 greater than 3dB verifies that the link budget closes. 

 
 

 

 

 

40GHz System MIN 40GHz System MAX 90GHz system

R (Data rate) 100,000,000,000 100,000,000,000 100,000,000,000

Bandwidth(MHz) 5,000 5,000 10,000

Modulation Scheme QPSK QPSK QPSK

Pwr (Tx Power in W) 75.00 75.00 75.00

Pwr (Tx Power in dBm) 48.75061263 48.75061263 48.75061263

Ll (Line Loss in dB) 1 1 1

Antenna variation factor (in dB) 0 0 0

Gt (Tx Total Antenna Gain in dB)(60% eff.) 36.30088715 36.30088715 43.34

EIRP 84.05149978 84.05149978 91.09061263

Raos (Dist to SAT @ AOS in km) 400 2292.771772 400

f (Desired Tx Frequency in GHz) 40 40 90

FSPL (Space Loss @ AOS in dB) 176.63 191.80 183.68

ISAB (Ionospheric Absorption Loss in dB) 1 1 1

Latmo (H20 & O2 Atmo-/Ionospheric) 1 1 15

Gr (Rx Antenna Gain in dB) 45.9 45.9 45.9

Power Received dBm -48.68 -63.85 -62.69

Eb/No 15.60667162 0.440654926 1.602134113

Figure of Merit(G/T)(dB/K) 21.58636236 21.58636236 21.58636236

Eb/No Required (1e-05 BER) 10.00 10.00 10

Eb/No margin 5.61 -9.56 -8.40
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iii.  Space Segment  

The payload consumes 300W of DC power for 5 seconds every 500 seconds at the 

minimum duty. See the power system sizing for more details on DC power 

consumption and supply. We were given that the spacecraft is to demonstrate up to 

100Gbit/s data-rate, at a carrier frequency of 40GHz to 90GHz. The power amplifier 

was also given to be 25% efficient, providing an RF output power of 75W, or 

48.75dBm. We were also given a bandwidth of 5GHz. Given that the payload will 

be supplied from the customer, an appropriate antenna system was posited. Using 

the standard circular parabolic antenna equation, a typical aperture efficiency of 

60%, and a diameter of 0.195 meters (to fit within the 2Ux2Ux1U volume), a 

significant gain of 36.3dB is yielded. Such a high gain is due to the wavelength of 

the carrier being incredibly small relative to the size of the parabola. The aperture 

efficiency of high frequency systems could be lower than our assumed value. 

 

See the link budget above for the payload system, for which all the gains and 

attenuations within the path of propagation have been described. With a typical 

minimized coaxial line loss of 1dB, the estimated isotropic radiative power is 84.05 

dBm is found at a distance of 400km. The first two columns of the budget will show 

the maximum and minimum values of the system operating at 40GHs. The third 

column shows the least amount of FSPL for a 90GHz system. The first column 

shows a nominal orbital zenith distance of 400km, while the second shows the 

distance from a ground target 5 degrees off the horizon. Using the G/T and gain of 

the Deep Space Networkôs ground systems, the overall Eb/N0 margin is 

approximately 5.61 and -9.56 dB for the best and worst cases of a 40Ghz system 

respectively. When the margin is above 3dB, then the signal is at least twice the 

power of the noise floor given by the G/T figure of merit. This is known as the 

minimum detectable signal. We see that at 5 degrees of horizon, the 40GHz system 

does not make link. We also see that at the minimum FSPL for a 90GHz system at 

400km, the link is not made. This calculation include the gain boost on the antenna 

from higher frequencies. Note that the atmospheric loss increases drastically. 

 

iv. Ground Segment  

Akash Systems has specified that they shall be using the DSN as their ground 

segment. They have also requested an operational duty cycle of at least 1%, 

representing a downlink period of 5 seconds every 500 seconds; however, the 

capability to meet this requirement and the maximum operational duty cycle will be 

limited by the DSN coverage of Akash-Sat1.  

 

To determine the coverage, we modeled Akash-Sat1 in AGI STK and specified the 

ground stations as the 3 DSN stations located in the Mojave Desert of California 

(Goldstone) Madrid (Robledo), Tidbinbilla (Canberra). Assuming the orbit 

described above and utilizing the ñCoverageò tool of STK over a 3-month duration, 

we found that Akash-Sat1 is under DSN coverage for an average of 11% of a given 

orbit. The average period of continuous coverage was further determined to be 

approximately 450 seconds. Accordingly, these parameters shall be used in all 

following analysis.  
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Table 3: Results of coverage analysis using data from AGI STK Coverage Tool 

 
 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

Average Downlink Per Orbit [s] 633.79071

Average Coverage Per Orbit 11.40%

Average Continuous Downlink Time [s] 458.63144

Figure 9: Screenshot of AGI STK Model of Akash-Sat1 and DSN. Please see the associated animation 

here: https://tinyurl.com/mjfactk 

 

https://tinyurl.com/mjfactk
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The plot below shows the Eb/N0 margin that the downlink has with the DSN as it 

passes over. If we want the Eb/N0 margin to always be 3dB above floor, we will 

be able to communicate from +45 degrees above the horizon. However, if the 

atmospheric attenuation fluctuates more than 4dB above the listed losses, then 

communication cannot be established. 

 

b. Power 
i. Average Electrical Power Requirement  

On average, the spacecraftôs power consumption will be about 6.59W. This value 

was calculated based on our power budget average power consumption. Further 

details are shown in the power budget. 

 

ii.  Peak Electrical Power Requirement  

The payload shall operate with a power of 300W for 5 seconds. This will occur about 

every 500 seconds, representing a 1% orbital duty cycle. However, the payload 

could operate anywhere from 1% to 11% duty cycle and still meet all requirements 

as described above. In addition to the payload, standard avionics will consume about 

3.59W. See Appendix A and the battery trade studies for the calculations used to 

justify this power requirement.  

 

iii.  Spacecraft Configuration  

The solar cells will be located on all sides of the CubeSat and on the outside face of 

the deployable door. In the best-case scenario, there will be 25 solar cells facing the 

Figure 10: Plot of the Eb/N0 margin as the spacecraft appears over the horizon to the 

ground segment. 
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sun.  For the solar cells, triple junction solar cells with an efficiency of 30% were 

chosen.  

 

iv.  Trade Studies  

 

Batteries: Since the payload will draw a large amount of power it is important to 

conduct a trade study on what type of batteries will be necessary to meet the power 

requirements. Based on calculations, the LG Chem 18650 MJ1 was chosen, as it 

can support up to a 10A continuous discharge. The battery has a nominal capacity 

of 3500mAh. The mathematical reasoning for this decision is shown in Appendix 

A. The GomSpace BPX Battery Pack will be used to house the LG Chem 18650 

MJ1 batteries. The BPX Battery Pack does come with its own batteries, but those 

will be removed and replaced with the LG Chem batteries because those have a 

higher continuous discharge.  

 

Deployable Solar Panels: Power calculations indicate that deployable solar panels 

will not be necessary to satisfy the power requirements. The current design features 

deployable solar panels in the form of a door for redundancy and increased 

capability.  

 

Capacitors: Full power of the system is approximately 303.59W. For an assumed 

nominal voltage bus of 29.6V (total range is 25.6V to 33.6V) and payload 

transmission time of 5 seconds, the peak current draw for the system will be about 

10.37A. Using the capacitor charging current equation, we can solve for the value 

of the capacitor necessary to prevent brown-out of the system 

ὠ  Ⱦ ὠ Ὡ  

If we assume the system is partitioned into the avionics and payload, where the     

payload is operated by the battery and the avionics by the capacitor, then the 

resistance of the avionics is given by  

Ὑ
ςψ ὠ

πȢςυ ὃ
ρρς ɱ 

Where the current draw of the avionics stack is approximately 0.25A. Using this 

to solve for the capacitor value, assuming ὠ  Ⱦ  to be about 7V, we can 

see that the capacitor would have to be about 0.0322F. Not only is it difficult to 

find capacitors rated up to 33.6V and have a capacitance of 0.03F, capacitors of 

this rating are very large (about the size of a soda can). Additionally, given that 

the capacitor would likely be electrolytic or electric double layer capacitors 

(EDLCs), it would need to be placed in its own box in space due to outgassing 

and thermal constraints. Given these demanding requirements, we will move 

forward with the solution of partitioning the power supply into two parts. We will 

explain this new architecture solution in the Power Architecture section. 
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v. Power Architecture  

The block diagram below depicts the general architecture of the power system. To 

maximize efficiency of the system we must make sure to minimize power 

conversion as much as possible. This is especially important when switching loads 

as high as 300W. Given that Akash Systems specified that the payload would 

operate at standard aircraft supply of 28V (abiding by MIL -STD-1275D), we can 

readily operate the system directly off an 8S lithium-ion system. When the payload 

is operating, the avionics stack must still be operating. When the battery system is 

under extreme load, also possibly sinusoidal, it is best to isolate the avionics stack 

and have it operate on a different supply. Issues like browning out the main 

DC/DC converters and current robbing become significant and could lead to 

failure of the system. Therefore, the power system must be partitioned into two 

parts, one that will operate the payload, and one that will operate the avionics 

stack. It was shown in the capacitor section that implementing a capacitor bank 

system to run the main avionics stack would be bulky, require environmental 

control, and would significantly limit operations at larger duty cycles (greater than 

the minimum 1%). Consequently, the power system uses a battery-based design. 

To reduce modifications, component quantity, and cost required of the power 

system, two things must be ensured: keep the batteries at the same architecture and 

keep the two power supplies on the same charging rail. If both batteries are an 8S 

architecture then the maximum power-point tracking systems do not have to be 

different, and the power boards do not have to be modified. This is the same reason 

for keeping both batteries on the same rail. 

 

We chose GomSpace BPX battery banks with all cells in series. As mentioned 

before, we will be replacing the standard GomSpace 18650 cells with LG MJ1 

18650s. This is purely for increased current support for the payload, given that 

10A will need to be supplied. In the future, we should consider other 

implementations of this 8S system, as the BPX supplies are nearly $9000 each. A 

standard CubeSat waiver will also need to be filled out due to exceeding the limit 

of 100Whr of stored chemical energy.  

  

Figure 11: Power architecture schematic 
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Figure 12: CAD Model of Avionics Stack. From top to bottom: BPX 1, BPX 2, P60 Power 

Board, Remainder of Avionics Stack (RockBlock, Piksi, BeagleBone Green FC) 
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vi. Power Budget 

Table 4: Power Budget. All values are in units of Watts. See Appendix A for assumptions. 

  

All satellite modes (launch, checkouts, payload demonstration, etc.) are taken into account by the day and eclipse mode 

and component power consumption is considered by the average duty cycle in day and eclipse mode.   

 

 

 

Subsystems

Min. Power 

(W)

Max. 

Power (W)

Avg. Power 

(W)

Number 

Active

Avg. Duty 

Cycle Watts

Avg. Duty 

Cycle Watts

Avg. Duty 

Cycle Watts Notes

Power

Power Board 0.05 1 0.26 1 1 0.26 1 0.26 1 0.26 NanoPower P60 (custom rail)

T&C

Radio 0.5 2.25 0.5 1 1 0.5 1 0.5 1 0.5 RockBlock

CDH

Flight Computer 1.05 2.05 1.3 1 1 1.3 1 1.3 1 1.3 Beaglebone Green Wireless

ADCNS

Reaction Wheels 0.312 2.03 0.34636 3 1 1.0391 1 1.039 0 0 Maxon 32 EC Flat Motor

Magnetic Torquers 0.25 3 0.2 0.15 0.2 0.15 0.1 0.075 Custom

Sun Sensor 0.005 0.01 0.0075 5 1 0.0375 1 0.038 1 0.0375 Nano-SSOC-A60 Analog Sun Sensor 

IMU 0.00002 0.002628 0.01325 1 1 0.0133 1 0.013 1 0.0133 Invensense IMU

GPS Receiver 2.9 1 0.1 0.29 0.1 0.29 0 0 Swift Piksi

Payload

Payload 0 300 300 1 0.01 3 0 0 0 0

Other

Solenoid 0 12 0 1 0.009 0 0 0 0 0

6.5898 3.59 2.1858

Eclipse 

Fraction 0.5

Note: Charge mode is entered only when batteries need to be charged 

5.08983

21.40176

1

15.31193

*This value was calculated assuming no sun pointing, however if we did have sun pointing this value would be 31.449.   

Orbit Avg. Power In *

Contigency Factor 

Power Budget Margin

TOTAL Watts Used

Eclipse ModeDay ModePower Budget Charge Mode

Orbit Avg. Consumption
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vii.  Solar Cells 

 

To get more accurate power generation numbers we calculated the power generated based 

on the incidence angle to the sun. We used the equation  

 

ὖέύὩὶὖέύὩὶ ὋὩὲὩὶὥὸὩὨ ὦώ ὔόάὦὩὶ έὪ Ὓέὰὥὶ ὅὩὰὰίÃzÏÓὥὲὫὰὩ ὸέ ίόὲ Ὥὲ ὶὥὨὭὥὲί 
 

where the power generated by each solar cell is 1.18675 W. Below are the calculations we 

used for the best and worst case scenario.  

 

Table 5: Best Case Solar 

Best Case Scenario: Front Facing Earth, Back Facing Sun 

Solar Panel Number of Cells 

-Y 25 

+Y 5  

where the power per cell is 1.18675 W 

 

Table 6: Best Case Solar Panel Power Generation 

Solar Panel Power Generation 

Solar Panel Efficiency  Power (W) 

-Y, sun facing 30% 29.669 

+Y, albedo 30% 1.780 

  

Table 7: Best Case Power Yield 

Power Yield with Incidence Angle to Sun (W) 

Angle 5 10 20 30 40 50 60 70 85 

-Y 29.55585 29.21802 27.87951 25.69389 22.72758 19.0707 14.83438 10.14731 2.585802 

+Y 1.773351 1.753081 1.67277 1.541633 1.363655 1.144242 0.890063 0.608839 0.155148 

Total 
Power 
(W) 31.3292 30.9711 29.55228 27.23552 24.09124 20.21495 15.72444 10.75615 2.74095 

 

Table 8: Worst Case Solar 

Worst Case Scenario: Front Facing Sun, Back Facing Earth 

Solar Panel Number of Cells 

-Z 5 

+Z 5  

where the power per cell is 1.18675 W 
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Table 9: Worst Csse Solar Panel Power Generation 

Solar Panel Power Generation 

Solar Panel Efficiency  Power (W) 

-Z, sun facing 30% 5.934 

+Z, albedo 30% 1.780 

  

 

Table 10: Worst Case Power Yield 

Power Yield with Incidence Angle to Sun (W) 

Angle 5 10 20 30 40 50 60 70 85 

-Z 5.91117 5.843603 5.575901 5.138778 4.545516 3.814141 2.966875 2.029462 0.51716 

+Z 1.773351 1.753081 1.67277 1.541633 1.363655 1.144242 0.890063 0.608839 0.155148 

Total 
Power 
(W) 7.684521 7.596684 7.248671 6.680412 5.909171 4.958383 3.856938 2.638301 0.672309 

 

 

 

viii.  Battery State of Charge 

 

The plots below depict the evolution of the state of charge of the batteries throughout 

operation of the spacecraft. The first plot shoes the orbital duty cycle of 1%, or 5 seconds 

of operation every 500 seconds. The first plot assumes the spacecraft charges whilst nadir 

pointing. This means that the space-craft does not continuously point during the mission. 

This is an accurate calculation because the spacecraft will spend most of its time nadir 

pointing for the operation of its payload. The zero-degree beta angle will therefore be the 

best-case scenario for power generation. Below we can see that, with a 1% operational duty 
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cycle, the spacecraft will most likely not need to enter a charging low-power regime for 

tens of orbits.  

 

We then wanted to see the extent of payload operation that our spacecraft could withstand. 

Although our batteries are rated for down to 80% depth of discharge, we did not want to 

operate below 50%. Therefore, we calculated that an 11% operational orbital duty cycle 

brings the spacecraft to about this level after two orbits. Also, note that this 11% value is 

important because it is the average line-of-sight per orbit that the spacecraft has with the 

DSN. To charge the payload battery back up to the 7Ahr capacity, with assumed sun-

pointing, it will take approximately 3.6 orbits. 

 

The two plots below the state of charge plots show our power generation at different beta 

angles and the duration of eclipses respectively. Other beta angles will have longer 

durations in sunlight, but will not necessarily have the largest solar panel pointed to the 

sun. 

 
 

 
Figure 14: 1% Payload Duty Cycle 
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Figure 15: 11% Payload Duty Cycle 

 

 
Figure 16: Eclipse Duration  

 

 

ix. Payload Orbit Duty Cycle  

 

As you can see from the first state of charge plot, the 1% duty cycle case is trivial and can 

operation continuously for tens of orbits without needing to enter a charging regime. This 

means that there is significant room to expand our payload operations. Given that the ground 

coverage tool in AGI STK, using DSN and our specific orbital parameters, gave an average 

of 11% coverage, and that two orbit operations with this duty cycle brings us down to 57% 
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depth-of-discharge, we chose to use this as our upper limit. Therefore, everything in 

between is within our operational limits. Theoretically we could operate up to 22% duty 

cycle for a single orbit, but given that there exists no ground support infrastructure to receive 

this data, it does not make sense to do so. 

 

 

 

c. Telemetry and Command  

 

i. Return Budget to RockBlock 

 

Table 11: RockBlock Return Budget. Yellow indicates inputs. Blue indicates outputs. Green indicates 

margin. A Eb/N0 greater than 3dB indicates that the link budget closes at maximum and minimum. 

 
 

 

ii.  Space Segment  

Power consumption, frequency delegation, data-rate, and ground system architecture were 

contributing factors to the preliminary T&C trade study. The two radios that provide the 

most operational leeway are the RockBlock and LinkStar radios. Both communicate with 

System MIN System MAX

R (Data rate) 343 343

Bandwidth(MHz) 100 100

Modulation Scheme GMSK GMSK

Pwr (Tx Power in W) 1.60 1.60

Pwr (Tx Power in dBm) 32.04119983 32.04119983

Ll (Line Loss in dB) 0.5 0.5

Antenna variation factor (in dB) 0 0

Gt (Tx Total Antenna Gain in dB)(60% eff.) -3 -3

EIRP 28.54119983 28.54119983

Raos (Dist to SAT @ AOS in km) 381 2236.037854

f (Desired Tx Frequency in GHz) 1.63 1.63

FSPL (Space Loss @ AOS in dB) 148.41 163.78

ISAB (Ionospheric Absorption Loss) 0 3

Latmo (H20 & O2 Atmo-/Ionospheric) 0 3

Gr (Rx Antenna Gain in dB) 45.9 45.9

Power Received dBm -73.97 -95.34

Eb/No 74.96357852 53.592495

Figure of Merit(G/T)(dB/K) 21.58636236 21.58636236

Eb/No Required (1e-05 BER) 12.00 12.00

Eb/No margin 62.96 41.59



31 

 

larger satellite constellations. These constellations, namely Iridium and GlobeStar 

respectively, communicate with their own web of ground station networks, sending data 

back via network call. The RockBlock device transmits and receives on L-band. This radio 

is also very affordable, below $200. These features result in it leading the preliminary trade 

study.  

 

When spacecraft transmit to each other in an inter-satellite link, reception on the spacecraft 

in question is considered the forward path and transmission is considered the return path. 

Given that the forward path is covered by the network and should be invariant in our 

situation, only the return link budget is shown above. The line loss is small, around 0.5dB, 

and the antenna gain will be isotropically -3dB. Free space path loss is calculated from a 

minimum distance between the constellation and the spacecraft orbit (400km), and a 

maximum distance of twice the orbital distance to the constellation. Small atmospheric and 

ionospheric attenuation effects are added. Both worst case and best case margins are at least 

3dB. This means they are 3dB above the noise floor, and larger than the minimum detectable 

signal with a receiver of this type of figure of merit. This means that from nominal operation, 

through highly non-nominal operation, the link will be secure. 

 

iii.  Ground Segment  

The ground network side of telemetry and command for this radio simply requires a 

computer. A command is sent over IP to an Iridium ground station, which then transmits 

the packet to the constellation. The spacecraft will then receive the packet and respond 

accordingly. This means that the ground segment architecture has been completely 

abstracted away, thus significantly reducing operational costs and risks.
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d. Command and Data Handling 

 

i. CDH System Overview 

 

Figure 17: Schematic of data interfaces between spacecraft components. 

The CDH system is responsible for processing commands and telemetry, storing 

data, executing flight software, and monitoring the status and health of the 

spacecraft. CDH functions are distributed between the power board and flight 

computer. Commands sent via T&C are first received on the power board so that 

instructions critical to the powered state of the spacecraft can be executed, while 

other commands are relayed to the flight computer. CDH reads attitude information 

from ADCNS sensors, performs computation for controls on the flight computer, 

and sends instructions to ADCNS actuators.  

CDH interfaces with the T&C subsystem via a UART serial port connected from the 

power board. Any commands destined to flight computer are relayed by the power 

board to an I2C bus connected to the flight computer. Key interfaces with ADCNS 

include analog inputs from the sun sensor, digital PWM outputs to ADCNS 

actuators, an I2C connection to the spacecraft IMU, and a serial connection to the 

GPS. A separate serial connection is also required to communicate with the payload. 

The CDH system is tasked with enabling transmission from the payload radio and 
























































































